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ABSTRACT

The mechanical and thermal design consideratiortieofnKlajn-1 Nano-Sat must take into
consideration many aspects simultaneously. A baldtween thermal requirements of the
components and the small volume and mass availaig@ke it a challenging project.
Optimisation of all mechanical parts and sub-systeras also paramount taking into account
the budget and the boundaries imposed by the Cabst&dard.

Small modifications to the structure were maderoleoto accommodate components or solar
panels, all unique to the Inklajn-1 design. Theasplanel design was the largest sub system
to be designed in-house; the design needed tolhestrand reliable but also keeping within
the volume boundaries of the P-Pod.

The accommodation of most of the bus systems ig aathin the size of a PC-104 circuit
board thus allowing for a stacking sequence of dmard above one another with standoffs
keeping the desired space between them. Howeveallmtstems (mostly payload) are of the
PC-104 size, some are off the shelf components diitbrent shapes and sizes, and therefore
the stacking sequence occupies only approximaigliythe length of the structure with the
other components mounted in the other half.

In optimizing the thermal design an emphasis wasqa on achieving thermal stability while
reducing the need for active control. By utilizimpmprehensive and iterative analysis
methods a simple passive control scheme was dewSedte of valuable system resources
such as power, volume and mass was thus reducedlabement of components along with
strategically implementing MLI blankets and condmictpathways are key features of this
optimal design.
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INTRODUCTION

The first Israeli Nano-Satellite (hamed InKlajn-fiea the late Dr. Marcel Klajn, one of the
key founders of the Israeli space program) wagegnn 2005 with the forming of INSA, the
Israeli Nano-Satellite Association.

The satellite, weighing about 3.5Kgs, is being iyl a group of experienced professionals
from the local space industry working side by sidin high school and university students.
This first Nano-Satellite will be used as a testl fer the bus sub-systems to be used on
future projects, and will supply space heritagelémal companies' products. The payload of
InKlajn-1 includes an atomic clock, a GPS Recejvar,high capacity battery, a corner
reflector and an experiment for new coating fortidalyer insulators (MLI).

The miniature satellite design introduced numeraeshanical and thermal challenges due to
size limitations and space environment conditioAs. iterative process was required to
ensure that the mechanical design enables suithbtenal conditions to each sub-system
with minimal active thermal control (heaters).

The satellite configuration presented in this #etics due to be launched in Q4 2009.



1. MECHANICAL DESIGN

The mechanical sub systems design started withbe®at Standard as defined by a group in
Stanford, Cal-Poly and manufactured by Pumpkin laesearch project was initiated in
order to review other CubeSat projects and ideatvigilable sub-systems.

The mechanical systems identified where:

Modifications of the standard CubeSat structureladdor hardware accommodation
Solar panels design and manufacture including geptmt system

Communication antennas deployment design

Sub-system accommodation

Hardware mounting provisions

1.1 Modifications of the standard CubeSat structure

As funds are limited in this project the outsougciand purchasing was limited to the
affordable and off-the-shelf components (excludamg interface electronic board designed
to spec by Clyde Space of Glasgow). All other maatad parts are being designed and
manufactured in-house.

The standard skeleton structure consists of a badytwo (Front and Rear) covers as seen in
figure 1:

Figure 1- Rear cover with on board computer ngibIe(FM430)

Certain areas are considered stay out zones suttte aails on the corners for deployment
from the deploying canister (P-POD); however otlaeeas can be drilled or changed
according to the CubeSat design. In our case tha frover was changed to accommodate
the GPS antenna and the retro reflector as sdeguie 2, the thermal consideration here was
that the ceramic antenna and glass reflector aasan which are not isolated from the hot or
cold environments (thus exposing the satellitegerospace) and therefore the cover will be
wrapped with a thermal blanket from the inside.



Figure 2-Modified Front Cover

Other minor changes were made to the body strustucd as drilling and local filling for
bracket and solar panel mounting. An emphasis wadenon "As little changes as needed"
regime so that the interface to the P-pod and épéogment was not endangered.

1.2 Solar Panels Design

The Solar panels are the major mechanical asseofilthe Inklajn-1; the decision to design
and manufacture in-house was made due to the kighnee of outsourcing or purchasing,
and due to the expertise present in IAl MBT MALANMigion, to perform the task.

In order to obtain the maximal power the solar fmaee deployed to a flower configuration,
and the attitude control system points the pamsisitds the sun direction.

Figure 3- An illustration of the deployed solar pamls after the satellite is ejected from the deploye



The design took into consideration all the restitd apparent in the CubeSat standard,
mainly concerning the insertion and deploymentrid #om the P-Pod and provisions so not
to let excessive heat enter the structure via thgels mounting points by using isolating

washers.

The solar panels include the following main compuase

Deployment hinge with stopper
Deployment hinge spring
Graphite/Epoxy panel face sheet
Solar cells

Wiring

Panel tip fixture for P-Pod deployment

The hinges where designed so not to protrude nmare®.5 mm above the structure and to be
easily mounted on to the structure, the materiaseh was to be compatible with the

structure and all parts are from identical matenmlorder to ensure even expansion or
contraction due to temperature changes in the sgradgeonment (figure 4).

The deployment spring was calculated with the patars of available accommodation in the

hinge and the desired time of deployment (aboutsédonds). The material chosen for the
springs was Stainless Steel 203 which gives bettaracteristics in lower temperatures than
other music wires or stainless steels.

The importance of the spring quality and degradatweer time is paramount as the solar
panels do not have any locking device, and relyhenpre-loaded spring to maintain a face-
to- face lock.

Figure 4- Solar panel hinges with deployment spring

The Graphite/Epoxy lay-up for the panel was chos¢na minimum thickness for a
symmetrical and balanced laminate, the strengtdeteéor the laminate is to ensure the solar
cells do not exceed an allowed bending value ddangch and deployment from the P-Pod.
A quasi-isotropic laminate lay-up is usually preéer for space applications due to its equal
characters in all directions and it's near to zeoefficient of thermal expansion. The
temperature gradients felt by the spacecraft caof bger 300°C in a very short time.



A perfect quasi-isotropic laminate was not usedttieeexistence of a manufactured laminate
left over from previous MBT projects. This laminasesymmetrical and balanced giving a
near to zero coefficient of thermal expansion, altdough not quasi-isotropic is suitable for
the panel requirements.

The solar cells used are triple junction cellsuditsize (not cut to size) mounted to the panel
with adhesive; the two end half size cells (figag¢ an experiment by MAMAG, testing a
new coating for MLI insulating covers. The experitheill measure the current generated by
the cells as the atomic Oxygen particles of thesmvironment degrade the coating on the
cells in time.

The wiring of the panels with thermistors and dedare part of the electric power
distribution sub-system (EPDS) and will not be d&sed here. The mechanical aspect of the
wiring is that all wires run along the panel on tiear side and enter the spacecraft at a
designated point close to the rotating axis ofitinges.

The solar panels of the InKlajn-1 will not be titedthe satellite structure, the panel tips will
be accommodated with a Teflon runner enabling #reepto run along the P-Pod inner walls
during deployment and open as soon as the saislfitee from the pod.

As mentioned before, the solar panels do not hadepdoyment locking mechanism at the
end of the rotation to final position; the paneid vely on the pre-loaded spring to rest the
hinge face to face in the final position of 100 ass (figure 5). Space proven lubricants will
be used in the hinge against friction.

The fact that the panels do not stop at 90 degseeise to the use of the solar panels as sun
sensors for the purpose of attitude determinatitve, algorithm utilises this angle to
determine the correct direction of the sun (du¢éhangle, each panel will give a different
current) in respect to the deployed solar paneldstians calculate the correction needed.

Figure 5-Solar panel end position

The manufacturing process of the panels is neartyptete, a deployment and end of travel
shock test will be conducted at zero G condititns tqualifying the design.
The final solar panel assembly can be seen indgérand 7.



Figure 6- Full solar panel assembly top

Figure 7-Full solar panel assembly bottom

1.3 Communication antennas

The communication antennas definition and deployndesign has not been finalised at this
time due to alternating choice of transpondersarig case, the antennas will be of simple
spring metal tape alloy (such as tape measuredaphbbyed in a coil fashion similar to the

ISIS system (fig 8) or folded under the solar panel

The antennas will have a length of approximately-ajuarter wavelength.



Figure 8-ISIS antenna system

1.4 Sub-system accommodation

The hardware mounting of the systems onto andtimoCubeSat structure are apparent in
two categories:

Components on the PC-104 standard stack
Components needing typical mounting provisionsdkeafixtures)

Approximately half of the volume in the 3U CubeSaticture is occupied by the spacecraft
bus; all the bus components besides the magnetsrque either mounted on or printed to
the PC-104 board standard. These layers of boaedstacked together using standoffs and
fit nicely to the CubeSat dimensions as part ofGoabeSat standard.

Figure 9 shows the InKlajn-1 bus stack including fbllowing layers (from bottom):

FM-430 on board computer

EPS-1

EPS-2

FM-430 on board computer

Balancing weight layer

Switch board (developed by INSA and Clyde Spacé Ltd
ISIS Transponder

ALINCO transponder

Magnet Torquers



Figure 9- Inklajn-1 S/C Bus

1.5 Hardware mounting provisions

Other components are from other fields and arespaice proven or suited for satellite
installation, therefore the stack is ended at d@agerpoint and the remaining space craft
volume is accommodated with other components anghiirgg provisions.

These other provisions are in the form of baseeplatr brackets, all to undergo vibration,
thermal and acoustic testing on spacecraft levgur@ 10). The atomic clock and battery
have high heat dissipation needs in relevanceher@omponents in the spacecraft; therefore
they are mounted on two large Aluminium base-plpgréorming as radiators. The heat from
the components will be conducted through the béete-po the structure and then radiated to
space.

\

Base Plates

Figure 10- Components internal look



2. THERMAL OPTIMISATION

The thermal environment of any satellite in orlahde thought of in terms of an energy
balance between inputs and outputs to the systdma.ifiputs are heat generated by the
spacecraft onboard components, direct sunlightjghtreflected off the Earth (Albedo), and
infrared radiation emitted by the Earth. The outputadiated heat from the satellite to space.
McMordie [1] gives a didactical explanation of tipsoblem. The inputs to the system are
variable in both space and time and sometime atecommpletely predictable. The most
notable variant in this energy balance is directlight as the satellite goes in and out of
eclipse. During illumination the satellite will lexposed to approximately 1400 W/iinom

the sun compared to no radiation during eclipsas Tias a drastic effect on the energy
balance of the system and therefore requires @ramination of the satellite’s temperature
variation throughout its orbit. The effect is omhgensified when considering InKlajn-1 due
to its low mass. The cold case of the satelliterdueclipse may be just as limiting as the hot
case when it is in full illumination.

The ratio between the periods of time spent inste to the amount of time spent in eclipse
is dependant on the specific orbit in which InKHjims placed as well as the time of year and
therefore affects the cold and hot cases. The fgpecbit parameters were unknown during

the majority of the design phase which brings fahé need for a robust, adaptable thermal
design.

In determining the control scheme, every composeatceptable temperature ranges were
examined. The satellite bus components includstifueture, On-Board Computer subsystem
(OBC), Command and Telemetry subsystem, Power stdsy Attitude Control System
(ACS), and Thermal Control System. The payloadrifidjn-1 includes an atomic clock, a
GPS receiver and a battery pack. The vast majofitygomponents were selected such that
they withstand temperature fluctuation between €18Ad +50°C.

There are a number of methods to control satdliteperature. Some of them are passive
such as radiators, phase change materials, MLkbtanheat pipes and thermal paints, and
some are active (i.e. require use of electricatgynesuch as louvers and heaters. The design
chosen for InKlajn-1 must also consider the progcamstraints of cost, mass, volume, and
power. These constraints are present in all sietgdiograms, but they are especially tight in
small spacecraft such as InKlajn-1.

The approach has been to minimize the use of pmogesources and come up with a design
that most efficiently meets the TCS (Thermal Cdrfystem) requirement.

Due to the above considerations it is possibleégnificantly narrow the design possibilities
for the TCS. The intent is to design the TCS sieh €énergy consumption is minimized, i.e.
the passive approach. In some cases, the usetefhiezay be necessary.

In general, thermal designs are more succesdtiokyf are made to be independent from other
sub-systems. The spacecraft design may requiréfisggnt changes along the development
cycle, which increases the desire for an easilyptida and lean thermal design. Use of
simplified conduction pathways and choices regayditi| blankets will be used to achieve
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the goal of transporting heat away from the at-rcgkmponents and reaching desired
temperatures throughout the satellite.

Thermal paints are a relatively inexpensive wayatlitate heat transfer within InKlajn-1;
they may be used on the solar panel rear sidehenihside planes of the structure.

2.1 Analytical Thermal Analysis

In the thermal analysis process, it is benefic@lfitst get a rough idea of expected
temperature ranges. For this purpose an analytaallation was performed based on the
energy balance between the heat absorbed in thedbradiation, the heat generated by the
components that make up the satellite and the iebahsed by it. This is a steady state
analysis that will not show temperature changes$ wihe. The results of this analysis are
gualitative only and do not change the need fag@ous dynamic temperature calculation.

The internal heat generation and satellite orb#uagptions used for this analysis are as
follows.

Orbit Definition and satellite attitude
The orbit used in this analysis was a sun synchusmobit at an altitude of 650km. The orbit
dynamics play a significant role in determining paratures on the satellite as they
determine view factors and length of exposure tealisunlight, Albedo radiation, and
earthshine. Heat input from these sources is detedrby multiplying the area facing the
source by its radiation intensity and absorptivithie satellite’s Z-axis points towards the sun
to maximize solar energy production as shown iarggl1

Figure 11 — Orbit definition
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Heat Generation
Heat generation influences the temperature profitkhe components in the satellite. The heat
generated by each electronic board was determindduaed as an input to the analysis.
Generated heat on InKlajn can be seen below imdig@

Figure 12: Heat generated in various InKlajn compomnts
Based on the info presented in figure 12 two casee defined in terms of heat generation; a
hot and cold case with 20W and 11W of heat germragspectively. The cold case is one
where the atomic clock and GPS unit are turned off.

With these assumptions the energy balance is debgeequation 1.

0 (1)

qabsorbed qemitted q power generated

The power absorbed for the hot case can be braken ds follows in equation 2,

RE2 &2
DS" "DS D E I | RE 2 | E | I RE 2

With the three terms in equation 2 referring totlamsorbed from direct sunlight, albedo, and
Earth IR respectively. Terms in equation 2 arergfiin table 1.

)

qabsorbed
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Table 1: Term definition

Term | Definition Term | Definition
Gps Solar irradiance near the Earth, Re Radius of the Earth - 6378km
between 1300-1400 W/m
Aps | Area facing the sun [fh H Height of the satellite above the
Earth surface
Absorptivity Gr | IR irradiance [W/rf] at Earth
surface
a Albedo, generally around 35% eA | Area facing the Earth
Emissivity Stephen Boltzmann Constant
5.67x10° W/(m?-k?)

The power emitted is found using Stephan-Boltzmannas shown in equation 3,

4
CIemitted Aout T 3

Substituting equation 3 and equation 2 into equatiand solving for the temperature results
in equation 4.

2 2 %1
Re Re
GDS ADS G DSaAE H RE 2 C;'IR '% H RE 2 qpower generated
Tuor A (4)
ut

All the terms remain in the hot case condition el the cold case the albedo and direct
sunlight go to zero as shown in equation 5.

R’ k
CBIR AE HiREz qpower generated
TCOLD A) (5)
ut

Notice that the cold case temperature is indepdrafeabsorptivity.
Utilizing values relating to InKlajn-1 and to thases defined above and allowing emissivity

and absorptivity to vary from 0.2 to 1, the worase hot temperatures are found and plotted
in figure 13.
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Figure 11-Worst case hot- steady state temperature

The worst case cold temperature is shown in figdre
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Figure 12-Worst case cold- temperatures vs. emissiy
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The worst case cold and worst case hot temperatarebe seen as effective upper and lower
bounds for InKlajn-1; however the actual tempematwill likely never approach these. One
reason is that the satellite will never have endimglke to reach steady state. At the rate of the
emitted energy of InKlajn-1 the satellite will onlgach a temperature of 270K by the end of
eclipse if it had started the eclipse period atk30@ other words, the mass of the satellite
does not allow for rapid enough temperature chamgesso the satellite will never reach
these upper and lower bounds.

Another important distinction is that temperaturi# mot be constant throughout the satellite.
The solar panels which have a large exposed sudi@zeand little mass will vary greatly in
temperature while rest of the satellite will not.

2.2 Numerical Thermal Analysis

In order to get a more detailed understanding cdlldynamic temperatures in the satellite a
CAD-based thermal model was created. The modelused in optimizing radiators, heaters,
and the overall mechanical design.

Pre-processing
A numerical thermal analysis was done using Theamacgraphical pre- and post- processor
for the SINDA/G finite difference analysis thernzalalyzer. The first step in conducting the
thermal analysis is building the physical modelrdflajn-1 in Thermica. As shown in figure
10 a detailed CAD model of the satellite is readilsailable and has been instrumental in
creating the physical model. However, due to themmatational expense of the thermal
analysis, many simplifications were done in therrttd model geometry. Many of the
intricacies of the structural design are thermadbonsequential, and so were left out. Instead
of modelling fasteners and small components, featuvere merged into bigger elements.
Much thought was put into modelling the thermalteats between elements as accurately as
possible such that the simplifications made in tongathe physical model do not adversely
affect the accuracy of the thermal model. Regasdleseating a model with a rougher
resolution runs the risk of averaging out tempeegxtremes in elements that are finer than
the resolution of the model. Such is the case ei#ttronic boards which are modelled by
four elements and may hide hot spots that existestain components. Consequently, larger
margins of safety on the results were used wheseptitenomenon was deemed significant. In
total, about 150 elements were used to model ImKlan Thermica.

Thermal Property Assignment
After representative elements of the satellite wereated each element was assigned a
thermal mass which is the product of the elemem&ss and specific heat capacity. The
model resolution necessitated a non-trivial apgnoc assigning this property since each
element has undergone some simplification. A singxample is the structural wall of the
satellite. In reality the wall consists of a complgrid whereas in the thermal model it
appears as a solid plate. Since the mass of theisvddnown as well as its material
composition, adjusting the thermal mass of the el@swas fairly straightforward. On the
other hand properties of elements that model teetreinic boards were much more difficult
to approximate. The boards and the components em ttonsist of various materials at
varying ratios from board to board. In these cagespverall mass of the board was used in
conjunction with approximations of the material quosition of each board. The material
properties were then averaged, weighted by thewgdence on the board.
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Thermal Contact Approximation

Approximating the thermal contacts between all élmments presented a unique challenge.
Extensive analysis of the mechanical CAD model wsesd to determine the contact value
that should be used between contacting elementsdu@tion contacts were calculated as
shown in equation 6.

kA
— 6

™ (6)

Where k is the thermal conductivity [W/(m-K)], A tee cross sectional area of the contact
[m?], and dx is the effective distance between thenetgs [m]. Contact conductance was
calculated according to equation 7.

G hA )

Where h is the heat transfer coefficient [W/9]. Multiplying the value of G by the
temperature difference of the contacting elemeessilts in the heat transfer rate used to
solve for the elements’ temperature with time.

Radiation contacts were calculated by multiplyihg £missivity of the elements’ by their
radiating area. View factors between all elementésaatomatically calculated by Thermica
using a Monte-Carlo-based ray tracing radiatiorgpao.

Following the completion of the pre-processing stdpscribed above, the temperature of all
elements of InKlajn was solved for using SINDA/G.

Initial Results and optimization

Since the solar panels located on the satellitedle svalls act as radiators, the initial
impression was that these radiators would excdgsigeol the electronic boards and
therefore must be insulated from internal compamenhis was achieved by implementing
thermal blankets between the panels and the intefithe satellite. However, since the view
factors between all the boards and the solar pamelow (up to 0.1) the panels acted as poor
radiators. Temperatures on board elements weréhigio and risked exceeding operating
limits. Consequently, insulating blankets behiné franels were removed and additional,
more effective radiators were placed in the top battom walls of the satellite. Exterior
emissivity values after these changes were madee&aeen in figure 15
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Figure 15: Exterior emissivity values

Figure 15 shows solar panels in yellow, thermahkdds in green and radiators in blue.

To further reduce the prevalence of localized Ipatts on electronic boards and to facilitate
heat transfer out of the boards it was decidedo@t ¢hem with a high emissivity layer
(Solitan coating). The coating will also penetragtween the components and the board and
enhance heat transfer to the board. The layermalke the element-averaged temperature
assumption more valid while the high emissivitylvallow more heat to transfer from the
boards to the satellite’s radiators.

The new goal for this configuration was for boagthperatures to remain between -10°C and
+50°C throughout the orbit.

Hot Case Results
Resulting board temperatures in the hot case awrsin figure 16.

Figure 16: Hot case board temperatures
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The results show a mild deviation from desired terajure on the hot side for certain boards
that are less capable of transferring heat to theuironment. As expected, boards further
away from the bottom wall became increasingly hotlhis is a result of the physical
connection between the board stack and the satekterior located at the bottom wall.
Through this conductive contact heat is transfetoetthe exterior panels and subsequently to
the space environment.

Exterior temperatures for the hot case are shovigume 17:

Figure 17: Exterior hot-case temperatures

Exterior temperatures are shown to vary greatlyvbeh elements. The largest variation
results from low thermal contact between the blgslead the rest of the satellite structure.
While the temperatures encountered on the extemay seem rather extreme, the
temperature of the internal layer of the MLI wi# much closer to the internal temperature of
the spacecratft.

Cold Case Results
Board temperatures in the cold case are showigumeil8:
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Figure 18: Cold case board temperatures

These temperatures are fairly mild and are wittesiretd limits except for a brief deviation
on the cold end for one of the boards. This isenqiected to risk board integrity. Based on
these results no heaters will be used on the eldctiboards. If the concept of operation
changes such that more boards will be off in a mammode provisions such as thermal
blankets will be used so as to not exceed temperémmits.

Exterior temperatures in the cold case did notiBaamtly vary from the hot case due to the
limited thermal contact between the boards anaekieof the structure.

The results of the detailed component-level analysere used to achieve an optimal
mechanical and thermal design. The optimal desigas in both the thermal and mechanical
requirements of the satellite and comes up wittolatisn that meets those requirements
while minimizing the cost on system resources. Byeaasing heat transfer between hot and
cold components the design minimizes the need daters that use up valuable power, as
well as reduces the risk associated with overhgatimponents.

Risk Mitigation
Results of the thermal model have been used tgatéitemperature-related failure risks. The
mechanical redesign has been shown to be an eHeagtiy to reduce predicted temperatures
on critical components. However, due to the lindtas in the model and proximity of
predicted temperatures to the desired temperahwel@e further steps have been taken to
reduce risk.
To address the main deficiency of the model in @ayeg out hot spot IR imagery will be
used to identify local hot spots and the relatigenperatures of all components on the
electronic boards. If needed, these hot spots bellhandled on a case by case basis; for
example by creating a copper conduction pathwawds the critical components and the
radiators.
The satellite will also be tested in a vacuum chexh order to verify and calibrate the
thermal model to within an accuracy of £10°C.
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CONCLUSION

The Inklajn-1 satellite has introduced many chaks) these arose due to the use of new
technologies (MEMS) for space applications, tigtta@anmodation issues and thermal control
complexity.

The thermal challenges resulted in a close looklathe mechanical materials and an
assessment of the quality of conduction paths tiivout the spacecraft. Techniques of
thermal spreading (such as Solitan coating) andatiag paints must be used in order to
moderate the temperatures in the spacecratft.

The payload bay of the design initially includedtlarge radiators (one on the atomic clock
side and one on the battery side), this mechadesifn turned out to serve the thermal needs
precisely and was kept after the thermal analysis eompleted.

The notion that the side solar panels may act @istas and cool the satellite to a freezing
point turned out to be incorrect due to the lowmwiactor between the radiators and the
electronic boards.

The design is close to configuration freezing inickhthe components design and
accommodation will be finalized and the thermaltomidesign determined.

The selection of components and their ability texist will be examined in the integration
process of the satellite; other issues will beet#sh the verification and testing program
including vibration testing, thermal vacuum testargl IR imaging.
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